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Fig. 2 Comparison of pitch-rate history with pitching moment and
pitch rate as control variables.
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Fig. 3 Comparison of pitch-rate history with pitching moment and
discretized pitch-rate as control variables.

comparisons are made with parametric optimization with
discretized pitch-rates as parameters. Here, 7 (0) comes to be
0.57 deg/sec, instead of the given value of 0.4 deg/sec. This
figure also shows that the pitch-rate control variable results
differ significantly from the results of the present analysis.

The final altitude in all the above cases is the same (400 km)
to an accuracy of 0.01 km. The injection is horizontal. The
velocity with the discretized pitch-rate concept is the highest
and is 7.812 km/sec. This velocity is decreased to 7.808
km/sec when the continuous pitch-rate control variable
smoothes out the discretized profile. However, in both the
cases we have a discontinuity at the initial time. When this is
removed by using pitching moment as the control variable,
the final velocity is 7.783 km/sec, showing a reduction of
about 30 m/sec. These results show that the inclusion of the
rotational dynamics can be important in the study of trajec-
tory optimization. This formulation removes various kinds of
discontinuities present in the other formulations, and shows a
reduction in the final performance. An ideal control system is
used in this formulation. This can be modified to include the
control system delays and other realistic factors.
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Shock Interference Peak Heating
Measurements using Phase
Change Coatings

J. Wayne Keyes*
NASA Langley Research Center, Hampton, Va.

Nomenclature
h =heat transfer coefficient
M =Mach number
n =exponent, Eq. (1)
D = pressure
PC  =phase change coating data, Fig. 3.
R = Reynolds number
! =time
T =temperature
C =thermocouple data, Fig. 3
O =shear-layer angle relative to local surface inclination
Subscripts
)4 =peak
pc = phase change
s =stagnation
t =total
w =wall
1,2,3,

4,5 =regions of flowfield, Fig. 1

Introduction

HE phase change coating technique! has been used to

obtain peak heating measurements in shock interference
flow regions with high surface shear and heating.?* This
technique provides heat transfer coefficients which are deter-
mined by measuring the time for a point on the surface to
reach the phase change temperature of the thin fusible
coating. These values of time and temperature are then used
with the solution to the transient one-dimensional heat con-
duction equation by assuming a step increase in heat input to
ascertain the heat transfer coefficient. Motion picture
photography is used to record the phase change pattern, and a
precision clock is used to record the time required for the
phase change to occur.

The purpose of this Note is to discuss some of the problems
encountered in applying the phase change coating technique
and to present new shock interference peak heating data
which illustrates these problems. A 5.08-cm diameter
hemisphere-cylinder made of silica based epoxy was tested at
Mach 6 for freestream Reynolds numbers of 3.3 to 25.6
million per meter. Flat plate shock generator angles varied
from 5° to 25°. A sketch of the shock interference pattern is
shown in Fig. 1. This shock pattern consists of a plane shock
intersecting the curved bow shock of the hemisphere thus
creating a shear layer (type III interaction, Ref. 3) which at-
taches to or interacts with the hemisphere boundary layer
causing high local pressure and heat transfer. Heating data
obtained on a 5.08-cm diameter thin wall stainless steel
hemispherical model instrumented with thermocouples every
5 deg on the vertical center line is also presented for the pur-
pose of comparing the phase change technique with the ther-
mocouple-calorimeter method.
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Fig. 1 Sketch of shear-layer flowfield. AP-attachment point; BS-
bow shock; IS-impinging shock; RS-reflected shock; SL-shear layer.
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Fig. 2 Photographs and tracings of phase change patterns. T
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Fig.3 Comparison of heating peaks.

Results and Discussion
Typical photographs and tracings of the present phase

- change patterns for shear-layer attachment on a hemisphere

are shown in Fig. 2. The tracings are included to show the
details of the melt region that would otherwise be lost in the
reproduction of the photographs. When the model was first
exposed to the flow, a dark area (cross-hatched area on
tracing, £,.= 1.1 sec.) appeared on the lower part of the model
and possibly implies that melt has taken place. Careful
examination of this and repeat tests showed that part of the
coating was blown off by the high shear in the region of the
attaching shear layer and, in fact, the coating had not melted.
True melt was observed when an area of completely melted
coating (black area) surrounded by a band of partially
removed coating has formed on the lower surface (See Fig. 2,
L, =1.5 sec.). Therefore, peak heating was judged to occur
where the black area first appeared on the model surface, and
the inner boundary was thereafter taken as the line of con-
stant heat transfer coefficient 4 (Fig. 2).

A comparison of the present maximum heating values from
the phase change technique with those of Ref. 3 (which were
obtained using the same model and in the same tunnel as for
the present data) are shown in Fig. 3. These values are plotted
in nondimensional form, #,/h against p,/p,, since generally
h,/h oc (p,/ps)" (Eq. 1) as suggested in Ref. 4. Stagnation
values of A, were calculated® and p, values were measured
directly. The difference between the two sets of phase change
(PC) data for a given pressure ratio (open and filled symbols)
is the result of a misinterpretation of when and where the
phase change occurs. It was observed in the present in-
vestigation that a double phase change boundary occurs in the
vicinity of shear-layer attachment as shown in Fig. 2. Only the
outer boundary was observed in the investigation reported in
Ref. 3 because of camera placement, camera setting, and/or
lighting location. Using this outer boundary. as the melt line
resulted in higher heating rates (shorter melt times). In the
present investigation the camera was positioned so that a bet-
ter frontal view of the model and melt region was obtained.
By using the inner boundary as the melt line as discussed
previously, substantially lower heating values were obtained
(closed symbols in Fig. 3).

Peak heating data (flagged symbols) measured with ther-
mocouples on the thin skin model at the same pressure ratio as
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the phase change data are shown in Fig. 3 for comparison
with the phase change data. Thermocouple data are of course
influenced by lateral conduction errors (15 to 20% for this
case) and by errors due to peak heating not occurring exactly
at a thermocouple location; however, the peak heating values
from the thermocouple data as shown in Fig. 3 are not ex-
pected to be more than 30% low. The thermocouple data fall
somewhat below the present PC data but are in substantially
better agreement with the present PC data than that of Ref. 3.

These results show that quantitative peak heating data such
as those caused by interfering flowfields can be measured
using the phase change coating technigue; this method also
gives a more exact location of the peak. Caution should be
used, however, when measuring high peaks resulting from
high shear flows which might remove part or all of the coating
and thus give a false impression of complete phase change. In
addition, camera and lighting should be positioned so that the
viewing angle is nearly normal to the melt surface.
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Correction Factor for Heat Flux
in an Expansion Nozzle

J. Reinkenhof* and R. Schmuckert
DFVLR, Lampoldshausen, West Germany

Introduction

HEN calculating the local heat flux in a rocket-

engine nozzle wall, a linear temperature distribution
perpendicular to the wall surface is generally assumed.'? This
assumption is fully true only for a steady one-dimensional
heat flow in a conductor with a temperature-independent ther-
mal conductivity. This Note shows under what conditions the
assumption of a linear temperature distribution will result in
substantial errors. A correction factor is given to account for
nonlinear temperature distribution.

Analysis

The expansion nozzle has the contour y(x) on the hot-gas
side, where x is the axis of rotation of the nozzle. The wall is
assumed to be made of a material with a temperature-
dependent thermal conductivity N (7). Figure 1 shows a
curved wall element at point x. The nozzle contour is
described by inclination angle v, defined as

Y=arc tan ldy/dx! ¢))
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The raaus of curvature r of the nozzle contour is derived
from

r:[1+(dy/dx)2]3/2(d2y/dx2)" (2)

where r> 0, if the concave side of the nozzle contour points to
the positive direction of the curve normal. Using arc dif-
ferential db, the heat-flow area in the element becomes

dA(z) =27 (y+zcosy) ﬂ%z—L db 3)

If a linear temperature distribution 7(z) is assumed, the heat
flux on the coolant side of the nozzle wall results from

T, w Tcw
in :)‘(Trw) £ s (4)

T,, being the hot-gas side wgll temperature, Tew tha§ on the
coolant side, and s the wall thickness. By using correction fac-
tor C, the real heat flux on the coolant side is determined by

q= C Qlin (5)
The heat-balance of the element may be written as

dr
—UE@ND) o = aldA@) ] ©)

because temperature gradients perpendicular to z are
negligible, especially in the throat area.? Combining Egs. (3-
6) results in

Tew
[ MDAT= = ONT ) (T = Tow) (4 5c059)

Tow
s d
| a %)
0 (r—z)(y+zcosy)

(r—s)
S

Finally, dimensionless variables are introduced

Y=y/y, (8a)
R=rly, (8b)
S=s/y, (8¢)

where y, is the radius of the nozzle throat. The influence of
temperature on Ais given by the dimensionless parameter

m:x(Tgw)/}\(Tkw) (9)

If A (T in Eq. (7) is replaced by a linear function and Egs. (8)

Fig. 1 Curved wall element for considering the heat balance.



